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ABSTRACT 
This paper introduces the mission analysis and design of the Hevelius – Lunar Microsatellite 
Mission. The objective of the mission is to place at least three landers on the dark side of the 
Moon, to perform some scientific experiments. A microsatellite orbiter is required to support the 
net lander as data-relay to the Earth. Moreover, another spacecraft, a carrier, has been designed 
in order to bring landers to the surface of the Moon, to map the landing site and to measure the 
gravitational field. The Hevelius mission analysis has been driven by the need to design low-
cost and low-mass space missions. Since the relay satellite must continuously see the dark side 
of the Moon, an operative Halo orbit around the second Lagrangian point has been designed. 
Three different ways have been followed to determine the optimal Halo orbit. Optimal low-cost 
transfers to the Halo have been designed exploiting the invariant manifolds of the Earth-Moon 
L1 point while a Belbruno’s WSB transfer to a frozen orbit around the Moon has been chosen 
for the carrier. The mission analysis process has been completed with a perturbations and 
eclipses analysis of the final operative orbits. 
 
 
 
 
INTRODUCTION 
After more than 40 years from the Apollo 
missions, the Moon has become an object of 
interest again. It is a scientific and strategic 
objective, a test-bed for the newest 
technologies, and it can be a launch pad 
towards Mars and other celestial bodies. 
However, the present technology and 
economical resources are deeply different from 
the ones available at the time of the first 
human missions. The recent trend is to design 
low-cost space missions. This introduces 
stringent requirements on mass and propellant, 
and so demands for a minimisation of the Δvs. 
In order to meet these requirements, a 
multilander mission to the dark side of the 
Moon, called Hevelius [30], has been recently 
studied. Three landers, with miniaturized 
payloads, are supervised by a data relay 
microsatellite (100 kg class) and are 
transported by a carrier from a LEO to the 
surface of the Moon, on which they perform a 
semi-hard landing. Moreover, the carrier has to 
map the lunar gravitational field and the 
landing site. The Hevelius mission analysis has 
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focused on the use of the restricted three-body 
dynamics of the Earth-Moon system. 
Since the early ’50, periodic solutions of the 
circular restricted three body problem 
(CRTBP) have received a growing attention. 
Farquhar [1][2] and Schmid [3] proposed to 
solve the problem of a continuous 
communication link between the Earth and the 
far side of the Moon by placing a single relay 
satellite to follow a trajectory about the Earth-
Moon L2 point, where it would be visible from 
both spots. 
The first satellite that was injected into a 
quasi-periodic orbit around the Sun-Earth 
interior libration point L1 was the International 
Sun-Earth Explorer satellite (ISEE-3), in 1978 
[6]. The proper orbit was selected from a Halo 
family of three-dimensional L1 quasi-periodic 
orbits. 
Since the relay satellite of Hevelius must 
continuously see the dark side of the Moon and 
the Earth, in this study an operative Halo orbit 
around the second Lagrangian point has been 
chosen. 
Furthermore the improved computational 
power of modern computers opened the way to 
the design of Halo orbit missions [5] with 
optimized low-cost transfers. Studies on the 
invariant manifolds of the three-body problem 
(Howell et al. [7]) brought methods to find 
first-guess solutions for the design of low-cost 
transfers while numerical optimization 
algorithms, like genetics [12][13][17][20] and 
Sequential-Quadratic Programming (SQP), 
have been used to find first guesses and fine 
optimal solutions. 
Recent studies on multi-body dynamic 
performed by Belbruno [22][23][24][25] have 
demonstrated that if a restricted four-body 
problem (Earth, Moon, Sun, s/c) is considered 
convenient low energy trajectories (weak 
stability boundary, or WSB, transfers) can be 
designed with a significant reduction of 
propellant with respect to classical Hohmann 
transfers. In this study this kinds of low energy 
trajectories have been used to transfer the 
carrier spacecraft from the Earth to the Moon. 
This paper focuses on the Hevelius mission 
analysis, for both satellites, and in particular on 
the techniques used for the determination and 
the optimization of the Halo orbits. 
1. THE HEVELIUS MISSION 
The objective of the mission is twofold: to 
place a microsatellite orbiter around the Moon 
or in a point that permits a continuous 
observation of the Moon, such as a Lagrangian 
point, and to place a net-lander on the dark side 
of the Moon. The launch is scheduled in 2015, 
for a total mission duration of 9 months. 
Three kinds of spacecraft have been 
designed: an orbiter, a carrier and three 
landers. The carrier is used to deliver the three 
landers to the dark side of the Moon.  
During its mission, the carrier has to 
perform two additional tasks. The first is a 
scientific experiment: the measure of the whole 
gravitational field of the dark side of the 
Moon, in collaboration with the relay satellite, 
by means of the continuous determination of 
the position and the velocity of the spacecraft 
orbiting around the Moon. The second task is 
the mapping of the landing site on the Moon, 
since it is required to be performed before the 
de-orbiting and landing phase of the landers. A 
frozen orbit around the Moon has been chosen, 
in order to complete both tasks. The data relay 
has to be done by the orbiter or directly by the 
ground segment. 
On the other hand, the orbiter performs 
some scientific and technological 
investigations with the following payload: 
• MIS (Micro Infrared Spectrometer): It has 
to point in the Moon direction. 
• LODE (Lagrangian Orbit Determination 
Experiment): This experiment requires 
the spacecraft to move around a libration 
point of the Earth-Moon system; in 
addition viewing conditions suggest the 
determination of a periodic solution 
around L2 with appropriate amplitudes of 
motion perpendicularly to the synodic 
plane, then Halo or Quasi-Halo orbits 
have been investigated. 
• RAS (Radio Astronomy experiment): the 
objective will be a deep space pointing 
direction. This experiment has not been  
defined in particulars and specifics (mass, 
power, fixed or mobile, continuous or 
discrete working, …). RAS, as secondary 
payload, is not strictly dimensioning for 
the mission. 
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In addition, the spacecraft gives navigation 
support and data relay to the net lander and 
will perform the carrier tracking during the 
Moon Gravitational Experiment, when that can 
not be accomplished from Earth due to the lack 
of visibility. 
The orbiter is of the 100 kg class and is 
launched as secondary payload on an ASAP 
like platform or as a piggyback; the absence of 
a dedicated launch could limit the choice of a 
parking orbit while the piggyback option 
requires the design of the interface between the 
spacecraft and the primary load. 
Semi-hard landing has been chosen for the 
landers. It consists of a descent with at first a 
partial deceleration by a chemical engine and 
then the inflation of airbags to adsorb the 
kinetic energy during the impact. An opening 
system after the landing is provided, to re-
orient the landers correctly (regardless the 
position in which they were landed, that can be 
any of equilibrium, if an airbag touchdown is 
done). 
2. ORBITER MISSION ANALYSIS 
2.1. Operative orbit selection 
The choice of the final operative orbit has 
been driven by the necessity to support a net-
lander on the dark side of the Moon; 
particularly in order to create a constant link 
between ground stations and the landers, a 
solution for which both the Earth and the far 
side of the Moon should be always in the 
spacecraft field of view has been investigated. 
In addition the presence of the LODE 
(Lagrangian Orbit Determination Experiment) 
requires to put the spacecraft around the 
second collinear libration point of the Earth-
Moon system. Hence different families of Halo 
and Quasi-Halo orbits has been studied 
numerically. 
The non linearity of the problem and 
consequently the strong dependence on the 
initial conditions required the computation of  
appropriate first guess solutions to initialise an 
SQP shooting procedure. 
In order to obtain Halo orbits with different 
characteristics, three ways have been followed 
varying constraint conditions and the objective 
function of the numerical optimisation. The 
dynamics has been adimensionalised and 
describes the motion in a rotating x, y, z 
cartesian system located at the centre of mass 
of the Earth-Moon system with the x-y plane 
coinciding with the plane of motion of the 
primaries, and the x-axis pointing along the 
line connecting the two bodies away from the 
larger primary. These three procedures are 
described below: 
1. An initial state vector is determined 
analytically with a linearization of the 
equation of motion around L2; the 
derived orbit (Lissajous) is characterized 
by an in-plane (x-y synodic plane) 
frequency different from the out-of-plane 
frequency and corresponds to a non 
closed solution, that is valid only in a 
linear approximation and for restricted 
amplitudes of motion. A closed solution 
has been then found through a shooting 
procedure using a complete CRTBP 
dynamics increasing progressively the 
amplitudes of motion until the desired 
values have been achieved, with the 
objective to minimize the manoeuvre 
required to have a periodic motion. The in 
plane amplitudes are not significant while 
appropriate z-y amplitudes (plane 
perpendicular to the synodic one) are 
required in order to avoid eclipses in the 
communication with the Earth caused by 
the presence of the Moon. Values greater 
then 3000 km are sufficient to guarantee 
the visibility of the entire Earth without 
any interference by the Moon. 
2. A third order approximation dynamic 
model has been created through a 
Legendre polynomial expression of the 
gravitational field; Halo-type periodic 
solutions have been obtained by assuming 
the amplitudes are large enough so that 
the nonlinear contributions to the system 
produces equal eigenfrequencies. The 
obtained initial state vector has been then 
refined with an SQP procedure exploiting 
the symmetry of motion about the x-z 
plane: the starting solution in fact presents 
velocities in the x and z directions null 
when the spacecraft lies in the x-z plane 
on the positive z side. A similar condition 
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is imposed after a semi-period in the 
opposite side of the z axis. 
3. The same strategy of point 2 is followed 
for the initial state vector while additional 
constraints on the slew manoeuvre angles 
required to point the centre of the Moon 
are used in the SQP procedure. 
The choice of the best target orbit for the 
mission has been accomplished in 
collaboration with the Telecom and ADCS 
subsystems. The best compromise between 
manoeuvres cost, communication and pointing 
requirements has been investigated on the basis 
of the following parameters: 
• Manoeuvres required to maintain a 
periodic motion; 
• Spherical angular coordinates of the 
Moon and Earth versors expressed in a 
spacecraft reference system, fixed with 
respect to the centre of mass of the body, 
parallel to that used in the CRTBP but 
with an x axis oriented in the opposite 
direction. These angles correspond to the 
slew manoeuvre angles required to point 
the planets (Z and Y) as shown in Figure 
2; 
• Angle of the view cone including both the 
primaries (α) (Figure 1); 
• Coverage area of each one of the two 
primaries. 
Other parameters have been analyzed, 
though not critical for the trade-off process: 
• Eclipses: no particular eclipse avoidance 
strategy is required; 
• View cones to cover the Earth and Moon; 
• Ground tracks: due to the distances of the 
Halo orbit from the Earth the subsatellite 
point track on the Earth does not present a 
sensible variation from one orbit to the 
other. 
Table 1 shows the main parameters 
mentioned above for the three orbits found. 
 
Table 1: Halo parameters 
Orbit Halo 1 Halo 2 Halo 3 
Δv [m/s] 16 0.03 4.56 
Period [d] 15.4 14.8 14.6 
Moon max 
Y/Z [°] 5.5/3.8 3.9/30.6 3/10 
Earth max 
Y/Z [°] 0.78/0.5 0.46/4.4 0.39/1.4 
β Moon [°] 83 57.8 78.4 
β Earth [°] 88.4 84.8 87.7 
Max α [°] 7.1 28.7 11 
Figure 1: Pointing and viewing angles 
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Figure 2: Moon pointing slew angles 
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The selected orbit is Halo 2 that is 
characterised by the dimensions listed in Table 
2; for this Halo a low cost maintenance is 
required, implying low fuel mass, though with 
a higher cost of the slew angle manoeuvres. 
 
Figure 3 shows the sub-satellite point of the 
orbiter along one year Halo orbits (white 
trace). The circles are the NASA Deep Space 
Network ground stations, which will be used to 
communicate to the orbiter: Goldstone 
(California - USA), Madrid (Spain) and 
Canberra (Australia). 
2.2. Transfer orbit 
The objective of the transfer orbit is to reach 
the selected Halo orbit, from a GTO parking 
orbit around the Earth. To this aim, a low-
energy transfer trajectory through the invariant 
manifolds of the L2 point has been designed. 
At first the stable manifolds of the Halo 
orbit have been propagated backward 
numerically up to the Earth (details of the 
equations and problem formulation can be 
found in Starchville [11]). Then a restricted 
number of  trajectories flowing close to L1 
have been selected.  
Subsequently two ∆vs have been placed 
along each one of the selected trajectories and 
have been optimised in order to intersect a 
sphere centred in the Earth with a given radius. 
For each intersecting trajectory another ∆v 
manoeuvre has been placed at the minimum 
achievable distance from the Earth. This last 
Δv is necessary to obtain an elliptical parking 
orbit.  
The sum of all the ∆v imposed has been then 
minimized with Genetic Algorithms (GA), that 
provided a first guess solution. This first guess 
has been then fine tuned by a SQP optimizer.  
Figure 4 shows the transfer trajectory in the 
synodic reference frame. 
∆v values and trajectory segments time 
intervals are shown respectively in Table 3 and 
Table 4. 
 
Table 3: Earth-L2 transfer ∆v 
∆v to change the orbit plane in GTO ~ 0 m/s
∆v for transfer injection 667 m/s
∆v2 ~ 0 m/s
∆v3 594 m/s
∆v4 ~ 0 m/s
Total transfer ∆v 1260 m/s
Statistical ∆v 126 m/s
 
Table 2: Halo amplitudes 
x amplitude [km] 23399 
y amplitude [km] 61265 
z amplitude [km] 8344 
Figure 3: Halo ground track and Earth stations.
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Table 4: Earth-L2 transfer timeline 
Transfer starting time t0 
Time following the first ∆v t0 + 0.42 d
Time following the second ∆v t0 + 3.4 d
Time on the manifold t0 + 31.54 d
Total transfer time 31.52 d
 
A 10% margin has been added to account 
for statistical corrections and gravity losses. 
2.3. Launch and phasing orbit 
The orbiter is launched with an Ariane 5 as a 
secondary payload (microsatellite class) on the 
ASAP 5 platform, with the SYLDA 5 fairing. 
Ariane 5 puts the spacecraft in a GTO parking 
orbit: this choice allows to reduce the fuel 
mass. The launcher imposes some constraints 
on the orbital elements, as shown in Table 5. 
 
Table 5: Ariane 5 GTO characteristics 
Orbit type GTO 1 GTO 2 
Inclination [°] 7 7 
Apogee [km] 35890 35930 
Perigee [km] 560 200 - 300 
Pω  [°] 178 358 
Payload mass [kg] 6640 6640 
 
The preferred parking orbit is GTO1 in Table 5 
because, at this altitude, aerodynamic drag can 
be neglected and the periapsis longitude is 
close to the required one. 
The launch is scheduled in 2015, which has 
imposed some restrictions on the initial 
argument of the ascending node which has to 
be 180MΩ = °  (this value refers to 10th 
October 2015, at 1:20 a.m. but its variation 
within a launch window of some months can 
be neglected) since low energy transfers 
belong all to the Earth-Moon plane. 
A specific departure date, within a lunar 
month, has been fixed in order to have the best 
position with respect to the Earth-Moon plane; 
this choice causes a little variation in the 
argument of the ascending node of the lunar 
orbit. 
The position of the Moon on its orbit, at the 
beginning of the transfer, has been chosen in 
order to have M M Oω ϑ+ = −Ω , where Mω  is 
the pericentre anomaly of the lunar orbit 
around the Earth, Mϑ  is the true anomaly and 
OΩ  is the ascending node argument of the 
injection point in the transfer trajectory, 
measured in the synodic reference system. 
The transfer will start on 7th October 2015, 
( M =180° 6  4′ ′′Ω ). The drift effect due to J2 has 
been exploited to phase the Ariane GTO and 
the required parking orbit from which the 
transfer begins. The rate of change of ω , due 
to gravity perturbations, is 0.72°/d. Since 
Ariane 5 GTO has 178ω = − ° and the transfer 
orbit has 174.7030ω = − ° , the orbiter must 
wait 9.78 days (22 orbit periods) in GTO. 
Therefore the launcher has to inject the orbiter 
into the GTO, on 28th September 2015, from 
Kourou (5° 14’ 14’’ N, 52° 45’ 38’’ W), in 
French Guyane. During this period drag effect 
is negligible, because of the height of the 
perigee. The parking orbit and the launch 
parameters are synthesised in Table 6 and 
Table 7 while Figure 5 shows, in white, the 
Figure 4: Earth-L2 transfer orbit 
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ground tracks during launch and early orbit 
phase (LEOP). 
  
Table 6: Departure orbit characteristics 
i (equator RF) 7° 
i (synodic RF) 11.3° 
Ω  41.4° 
Apoapsis height 35890 km 
Periapsis height 559.97 km 
Eccentricity 0.72 
Periapsis longitude -174.7° 
ωΔ  7.3° 
 
Table 7: Launch and transfer timeline (UT) 
GTO inflow 28/09/2015 
Transfer injection 07/10/2015 
Arrival on Halo 08/11/2015 
3. CARRIER MISSION ANALYSIS 
3.1. Low Lunar parking orbit 
The primary aim of the carrier is to transport 
the three landers close to the Moon surface, 
and to decelerate the descent during the 
landing phase. Prior to landing, the carrier 
maps the far side of the Moon and in 
collaboration with the relay satellite performs a 
measurements campaign for gravitational field 
determination. The former operation has to be 
performed from a maximum altitude of 600 
km. For this reason the parking orbit is a 
frozen orbit. Its parameters have been chosen 
in order to satisfy both the mapping and the 
gravitational experiment requirements. 
The list of the orbital parameters can be read 
in Table 8. 
 
3.2. Earth-Moon transfer orbit 
The carrier has to fly from a low altitude 
parking orbit around the Earth to the selected 
frozen orbit around the Moon with minimum 
fuel consumption with no constraints on the 
time of flight. To this aim, a WSB transfer 
trajectory has been selected. A first guess 
solution has been found by propagating 
forward from the Earth one leg of the 
trajectory and backward from the Moon a 
second leg of the trajectory, then the results 
has been optimized with DITAN [27] matching 
the conditions in the WSB region. 
Two WSB transfers, that satisfy the 
requirements, have been found (Table 9): the 
first one is slightly more expensive than the 
second one, but the latter is less sensitive to the 
initial condition.  
 
Table 9: WSB transfer timeline (UT) 
Transfer 1 2 
Departure date 
from LEO  
25th September 
2015 
4th October 
2015 
Arrival in WSB 1
st November 
2015 
23rd October 
2015 
Lunar elliptical 
orbit injection 
13th January 
2016 
8th January 
2016 
 
Table 10 contains needed impulses: ∆v1 
allows the WSB transfer injection from LEO, 
∆v2 is imposed in the WSB; after that the 
carrier is captured by the Moon, in an elliptical 
orbit. At the pericentre, ∆v3 is needed to 
circularize the orbit and finally ∆v4 is the 
impulse to get into the frozen orbit. Even in 
this case a 10 % margin has been added in 
order to take into account statistical corrections 
and gravity losses. 
 
Table 10: WSB transfer ∆v 
Transfer 1 2 
∆v1 [m/s] 3121 3073
∆v2 [m/s] 22 1
∆v3 [m/s] 648 645
∆v4 [m/s] 24 24
Total ∆v [m/s] 3815 3743
∆v [m/s] 138 131
 
Due to its high mass, the carrier needs a 
dedicated launch. Dnepr-M has been selected, 
because it is the cheapest in the world, in the 
small launch vehicle class, and it permits to 
place the carrier with an upper stage motor and 
an orbital module. Dnepr will inject the carrier 
on a LEO parking orbit, then its upper stage 
Table 8: Carrier frozen orbit parameters 
i 90° 
rP 1838 km (h = 100 km) 
e 0.03 
Ω 82° 
ω -90° 
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(Star 48A by Thiokol) provides the carrier an 
impulse in order to inject it on the WSB 
transfer path. After that, there is a separation 
and the orbital module carries on the flight 
towards WSB, where the needed impulse is 
given by the orbital module actuators. After the 
burning phase, another separation is 
performed, and the carrier continues toward 
the Moon. 
Figure 5 shows in light blue (grey) the sub-
satellite point of the carrier along the LEOP 
phases. The white circles are the two ground 
stations chosen for the LEOP phase: Kourou 
(French Guyana) and Malindi (Kenya). 
3.3. Deorbiting and landing 
After the end of the mapping operations and 
the gravitational experiment, the carrier waits 
the optimal landing conditions: best lighting 
and correct sub-satellite point (the plane of the 
orbit is fixed in an inertial Moon centred frame 
and the primary rotates under the carrier path).  
The ground control of the mission can 
choose the landing area and determine the 
timing of the commands to transmit to the 
spacecraft. 
The net-lander have been dimensioned for a 
semi-hard landing at maximum acceleration of 
50 g. In order to satisfy this constraint and to 
obtain an adequate distance between each 
lander on the Moon surface, the spacecraft 
gains zero velocity at a maximum altitude of 
35 m. 
The strategy adopted is an On/Off/On 
thrusted trajectory, designed to satisfy the 
following constraints: 
• A coasting elliptical trajectory has been 
designed to phase the manoeuvre with the 
motion of the goal area; 
• The overall trajectory has an altitude 
greeter than 20 km in order to fly over the 
mountains, except for the final phase; 
• The target area is a string of ±5 km 
around the lunar equator. 
• At the end of the last phase, the spacecraft 
has burned out all the propellant in order 
to avoid risk of explosion during the 
crash. However a margin has been 
considered in order to target more landing 
zones. 
• The overall manoeuvres are performed by 
only two of the four main engines: in case 
of failure it is possible to inject the other 
engines and continue the deceleration. 
The initial conditions for the integration 
have been the position and the velocity of the 
carrier on the frozen orbit and the dry mass of 
~ 300 kg. The resulting trajectory is 
characterised by a total propellant mass of 
~ 270 kg and a total time of 1 h 8 min 51 s for 
a total ∆v of ~ 2080 m/s. 
Figure 5: LEOP ground tracks; in white, the orbiter ground tracks, in light-blue (grey) the carrier ones. 
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4. PERTURBATION ANALYSIS 
Both for the carrier and the orbiter a 
perturbation analysis has been performed in 
order to minimise total maintenance Δv. The 
following perturbations have been modelled: 
• Fourth body disturbance (Sun); 
• Radiation pressure due to Sun; 
• Drag resistance due to Earth’s 
atmosphere; 
• Oblateness of Earth and Moon. 
The perturbations have been propagated 
using Cowell’s method, and have been 
computed as a generalised force (spacecraft 
mass independent) continuously applied onto 
satellite. 
Additional analyses including aerodynamic 
effects have shown that, using the standard 
model atmosphere (which consider the density 
as a decreasing exponential), the effects of 
drag resistance can be fully neglected. 
For the parking LEO of the carrier, it has 
been found that all perturbation effects lead to 
a Δv of 0.1 % of the whole transfer cost. 
Perturbations and gravity losses along transfer 
trajectory have been taken into account in a 
statistical way. 
For the orbiter the perturbation due to 
oblateness of Earth geopotential (especially J2 
effects) has been taken into account mainly to 
obtain a natural phasing manoeuvre between 
parking and departure orbits; moreover, 
considering the effect of Moon disturbance and 
solar radiation pressure, it is possible to find 
out that a permanence of 9.78 days on parking 
orbit is sufficient to phase this one. The 
variation affecting other orbital parameters of 
GTO parking orbit during that time has 
resulted to be small enough to be neglected.  
Due to particular operative orbit selected for 
the orbiter (a Halo orbit with a very low 
maintenance cost), perturbation has raised a 
fundamental component in the determination 
of fuel expense for orbital maintenance. 
From computation, it has been seen that the 
main components of perturbation along the 
Halo orbit are the Sun disturbance and the 
solar radiation pressure: these two components 
have led to a maintenance cost of 88 m/s per 
year, the other perturbation sources account for 
a value of about 0.01 m/s per year. 
5. ECLIPSE ANALYSIS 
Eclipse determination procedure was based 
on the reciprocal position of Sun, Earth and 
Moon and their apparent radius in relation with 
the spacecraft position. The analysis has led to 
the following conclusions: 
• Orbiter: during the transfer trajectory of 
the orbiter only one partial eclipse has 
been found and due to Earth. It is only 10 
min long. On the Halo orbit around L2 
only one eclipse has been found and it is 
85 min long (62 min of total eclipse). The 
event takes place the 24th of February 
2016. 
• Carrier: during the transfer trajectory of 
the carrier no relevant eclipses have been 
found. On the frozen orbit around Moon 
several eclipse phenomena have been 
found. The orbital period of the carrier is 
2 h and every revolution the spacecraft 
experiments a Sun occultation (caused by 
the Moon) that varies from 26 to 48 min 
depending on the day. 
• Landers: landers last in Moon shade for 
14.6 days every Moon revolution period. 
No limitation on the orbiter mission 
planning has resulted from the previous 
analysis, according to the power and thermal 
studies. The shading periods on the orbiter are 
few and their length is negligible. 
Different conditions have been found for the 
carrier. It experiences several cycles of night 
and day and will have only 1.11 ÷ 1.33 h of 
lighting every frozen period. 
The landers conditions are extremely severe 
(14.6 days every Moon revolution period) and 
their design and operational planning is 
enslaved to that. Figure 6 shows the night and 
day cycles for the three landers during the year 
2016. The highlighted points represent the 
carrier mapping operations period and the 
landing phase ( cos( ) 1α =  corresponds to the 
optimal illumination conditions, when the Sun 
vector is parallel to the landing site local 
normal). 
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Figure 6: Site lighting condition during the year 
2016 
CONCLUSIONS 
This paper presented the mission analysis of 
“Hevelius”, a pre-phase A study on a mission 
to the dark side of the Moon. Particular 
emphasis has been given to the Halo orbit and 
transfer orbit of the data-relay satellite. The 
Halo orbit selection has required a trade-off of 
many parameters such as maintenance cost, 
Earth and Moon view angles, and slew 
manoeuvres. The resulted transfer orbit and 
operative Halo orbit have been a compromise 
that, by means of low Δvs, has allowed the 
design of a 100 kg microsatellite-class 
spacecraft. 
Further studies in mission analysis should 
include: 
• A finer analyses of the launch windows; 
• Orbit determination and navigation 
analysis; 
• Failure analyses of the orbit injections; 
• Orbit maintenance manoeuvres schedule; 
• Ground segment design. 
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